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Minimum Energy Requirements for Space Travel. The minimum energy require-

puaiics) & @025 K ment for many space missions is ca'culated and expressed as velocity requirement of
! t a rocket vehicle, which is supposed to fulfill them. This gives a fast possibility for a
ik preliminary outline of an optimum vehicle, or for an approximation of the payvload
i capability of a given vehicle.
2'13 Of course, mission flight times can be reduced by utilizing more than minimum

energy. This is particularly pronounced in lunar and interplanetary transfers.

=3 Minimalenergie-Erfordernisse beim Raumflug. Die Minimalenerme-Erfordernisse
-~ fur viele Raumflugprojekte werden berechnet und als Geschwindigkeitserfordernisse
5 eines Raketenfahrzeuges ausgedriickt, das diese Bedingungen erfiillen soll. Dies bietet
= die rasche Moglichkeit fir einen vorliufizen Entwurf eines optunaien Fahrzeuges
=2 oder fur die angendherte Berechnung der Nutziast-Aufnahm +fihigkeit emes
__-"2 gegebenen Fahrzeuges.
i Selbstverstindlich kénnen -die einem Projekt zugeordnetzn Flugzeiten verringert
2 werden, wenn mehr als die Minimalenergie verwendet wird. Dies wird besonders
T deutlich bei Ubergangsbahnen zum Mond oder zwischen Planeten.
-
=

Spécifications minimum' d’énergie pour voyages interplanétaires. L es spécifications
minimum d'énergie sont converties en spécifications de vitesse de ia fusée destinée
4 remplir une mission. Ceci permet une estimation rapide de la charge pavante et
de la configuration optimale.

Il est évident que les temps de vol peuvent étre réduits par ur excédent d’énergie,
particuliérement pour les vols lunaires et les transferts interplanétaires.
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! Statements and opinions are to be understood as individual expressions of the
author and do not necessarily reflect the views and opinions of ABMA.

This study is concerned with some of the physical fundammtals of space flight.
It is in no way related to any project now being worked on by the Army, nor should
it be construed as a description of any future project which may be assigned to the
Army. :

There is no reference made to any specific hardware now in the making,.
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H. O. RuprE:

I. Introduction

For an idealized step rocket moving along a straight line free of exterior forces
holds the well-known equation

V,.‘=thlnr‘

i=1

This velocity shall be called “ideal velocity capability of the vehicle.”

A real rocket moving near the Earth’s surface does not reach V, as there
are velocity losses due to drag and the gravitational field. It is easy to show that
despite the increase in altitude, which gives a potential energy gain, there is still
an energy loss due to gravity. The magnitude of losses depends upon the geom-
etrv of the ascent path and on the flight program. In space-flight missions
involving high acceleration propulsion systems (order of one g)—and only such
shall be of interest here—the usual flight method is to impart to the vehicle a
certain mission dependent energy E, (say, escape energy), make a correction on
the way to the target, and apply the terminal maneuver at the target (perhaps
brake the energy E, of impact on the moon). The energy E, corresponds now to
a velocity ¥, and if we add some empirical or semi-empirical corrective figures
for drag and gravity loss, usually taking account of the variation of specific
impulse with ambient pressure by taking some convenient mean value for jet
velocity in the first stage, we can quote an ideal velocity figure which is necessary
for the vehicle to have in order to perform the escape: “ideal velocity requirement
of the mission.” Adding to this value for escape some empirical number for cor-
rection, and a figure representing E., we get the ideal velocity requirement for
a soft lunar landing.

If a vehicle shall do a certain mission. then, of course. the ideal velocity capa-
bilitv of the vehicle must be larger, or equal to, the ideal velocity requirement of
this mission.

In those requirements a correction is necessary since we can get from Earth
rotation up to 460 m/sec free; this means that the “ideal requirement’ can be
460 m/sec less than one would think from the pure energetic point of view. But
often because of flight geometry and other considerations only 300 m/sec can be
utilized.

In order to have a yard stick for the vehicle capabilities, where are we now !
As known, lunar space probes have been successfully fired, meaning that ¥V, =
= 12.45 km/sec is available. As there is much talk about a Venusian space probe,
V..=13.0 km/sec can be expected. What is the ultimate limit of chemical rocket
vehicles ? Assuming a launch weight of 10-10° Ib, and a gross payload (including
guidance, etc.) of 1000 1b, we have a growth factor of 10%. For a four-stage vehicle
this means a payvload ratio per step of 0.1. Assuming a _structure ratio of 0.04,
we have for one stage a mass ratio of about 7.14, leading with a jet velocity of
4.5 km/sec to V,=35.4 km/sec. Applying such tricks of the trade as orbital

due to the use of orbital technique at the target. As perturbation maneuvers
can reduce the requirements slightly, we can understand them to be a small
increase in velocity capability. The “feasibility limit”’, then, can somewhat
arbitrarily be set perhaps at ¥V, =350 km/sec.

As the problems of such a vehicle are stupendous (as all of you realize), I
teel, therefore, that a practical limit will be lower. Fortunately, we do not need
such high ideal velocities within the solar system, as the “principle of mission
staging’’ is a way to avoid too high requirements. For example. you go to the
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lunar surface using many landing vehicles, and assemble there an Earth-return
vehicle out of the useful payload of your landers. So vou can return to Earth,
using several vehicles of one-way capability instead of one vehicle of two-way
capability. Therefore, as an estimate, the practical limit for a chemically-propelled
rocket vehicle may be near V,=25 km/sec.

Using a “conventional’” nuclear propulsion system as it is seen today (nuclear
reactor heating a working fluid, which expands through a nozzle), we could per-
haps get 80 km/sec instead of the 50 for the chemical system. The more practical
limit could conceivably be near 30 km/sec.

The low-acceleration systems could have still higher velocity capabilities,
but part of this is used up against the higher gravity losses. Perhaps as- ball-park
figures, 100 km/sec as ultimate limit, and 30 km/sec as practical limit, can be
envisioned.

To meet still higher requirements, very exotic propulsion systems must be
used ; for example, Prof. SANGER’s photon_propulsion.

II. Velocity Requirements for Earth-Bound Missions
For comparision only, some approximate figures have been computed. which
give range versus ideal velocity capability for ballistic-tvpe missiles (Table I).
IIT. Velocity Requirements for Satellite Missions (Circular Orbits)

A. Nonrotating Earth (Polar Orbits)

Assuming a HoemaxY transfer (Fig. 1), a first kick is necessary to throw the
pavioad up to orbital altitude:

o=

2r \3
.r--rR,} ’

.

Introducing — =0, and r_;?{;’ =k comes
["/ M7
(2+2k\7
h=\35E ] (1)

The arrival velocity at apogee is

1 Arc# 2
I 2 }? Fig. 1. H fi 1
r e e e ; ig. L. oHMANYN transfer. Circular
Ve=112=k 1=k - 25 % : LE
- . : . _ velocityZor = R equals [(» M)/R]* =
So a second kick to circularize must be given 7910 m/sec for Earth
1
o 1 [ g mool ”
0= e e (3)
(1 =&)" J

The total ideal requirement for the mission then is
1

kil = k9 ¢
A, =8,+ 6. ~ {1+ k/2)

- + > 1+k/2, for small k.
(1 + k/2)°

1

(L+4k)
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1
1

Introducing for the moment (1 +k/2)* = z, this can be written

2x2 -2+ x 2z —2{x+1 a4
AIZ———:}_—=—"—-—“‘1—; from ?;l-m
2z:—1)% =z (2z2 —-1)°
-3 =322 —1.

The solution is z~ 2.88, leading to k=14.58176 for the most difficult circular
orbit with 4, ~1.5362.
Using a three-kick transfer (Fig. 2), the first kick is used to throw the payload
to infinity.
8, =v2. (5)

The second kick at infinity is a zero-adjustment kick; the third kick brakes
the arrival speed (escape) to circular speed:

/5 1
53=(\‘3—1)—T (6)
(1+5K*
In total, we have used
\ =, Vv2-1
i| 4, =V2 + T (7)
(1=k?*

Comparing 4, and 4,, there is 4, <, for
k>10.94, which means, that the three-kick
transfer is superior for very high orbits.
So, energy-wise, the circular orbit at
k=1095 is the most difficult one, with
4=1.5340, if the three-kick transfer is
used for larger altitudes. (These con-
siderations are of theoretical value only,
since. k=10.94 corresponds to satellite
altitudes of no interest, and besides the three-kick transfer has other serious dis-
advantages: Long travel time, and extreme sensitive to the second kick.)

§— e — —

Kk 2 ot intiimty

Fig. 2. Three-kick transfer

B. Rotating Earth

If the firing occurs from a latitude A under an azimuth a (East of North)
then there is an assistance given from Earth rotation of approximately
-

Vy =450 - cos Asin a [m/sec]. ~ (8)

C. Change of Orbital Plane

Only a simple case shall be considered here; viz, to go into an equatorial orbit
bv launching from the latitude @ under an azimuth of a=90°. Ascent is via
HorMmaxN transfer to a waiting orbit at 200 km altitude. This is necessary in
order to place the apogee of the transfer ellipse from the waiting to the final
orbit over the equator.

4, =1.0157~1 +
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An escape from there would require 4, = (\,”?— 1) (1 == f)) i
So the total escape 4 = V2 4 (2 —V7B) £ A

The direct escape isV'2—so there is a waiting-orbit loss for escape of

4, =2 _vi}§ ~ 0.0092.

Because of maneuvering, I will take
4, =001 as “typical waiting-orbit loss.”

The upper kick for circularization is
given by

Carculir veesty (7]

[k 2
0= __.L—-_ . (9) Fig. 3. Change of inclination

If there is a plane change @ involved (see Fig. 3), then the kick to both cir-
cularize and accomplish the plane change is

[ sin 3 mi?2
o = 1-’" 4% + __‘_“*_m% i {10}
The total velocity required on a rotating Earth then is
450 " 900 L . 4 1114
._]1,;.=J1—Tm"—(‘51—‘)}--“,'-;‘T_I;_.ESIH“?T‘J‘UISUP] ﬂ_ll]
[ R 1"z
where S (¢)=0 for ¢ =0 and
S(p)=1 for p=0
(6, & are given by eqgs. (10, 11): 1. by eq. (4)].
J-drck red
Fig. 4. Three-kick transfer versus two-kick transfer (energy considerations only)
The corresponding expression for the three-kick transfer is
= 450 900 2 P 1o
'W_JE___?H:‘:I‘_E*THQMH T (1—;
= )

[4, is given by eq. (7)].
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Energywise. we consider the function

~{{¢;9k}:-"—12¢_d1'9' “3)

If 4 >0, then the HoEyaNY transfer is preferable;
A <0, then the three-kick transfer is preferable.
It is easy to show:
1. k<1094, p=0: 4 >0
2. k=co, @ arbitrary: 4 =0
3. k=arbitrary, p >48.3°: 4 <0
For 4 (¢, k) =0, (see Fig. 4).
It is seen that the three-kick transfer appears not to have a field of practical
application.

D. Examples

Circular 568 km-orbit, 96-min. equatorial: .. ......... (y M/R1? = 7,920 m/sec
Equator-launched. HoEyaNy ................ ..., Fu=0.99= 7,841 m/sec
Equator-launched, three-kick .................... 1.76 =13.939 m/sec

@=28°launched, HomyMaxy ... ... ... ... ... 1.4 =11,405 m/sec

@ = 28°-launched, three-kick ...................... 1,766 = 13,987 m/sec
Circular 24-hr orbit, equatorial :
Equator-launched, HomyaNy ... ... ... 1.45 =11.484 m/ sec
Equator-launched, three-kick .................... 1.52 =12,038 m/sec
@ =28°launched, HOBMANY ..........c0vninnnn... 1.51 =11,959 m/sec
p = 28°launched, three-kick ..................... 1.526 =12.086 m/sec
= 28°.launched, 28° inclined orbit................ 55 m/sec to above equa-
tor-launched velocities
Escape: equatorial-launched, Eastward ............ 10,736 misec
polar-launched. .5 covsivamnsasamy v 11.186 m/sec

What does this mean in payload ? Let us assume the following arbitrary
vehicles for the first mission:

Type
A B C
Pavload (Container) Weight ............. 100 80 70
Guidance, Control, Instruments .......... 4 11 14
Fuselage . ........ . .00t iiuiinennnnnn. 4 11 14
MOTOF, BE0: ovvscesnsims e e 4 10 14
A s R AR TR S 112 L 112 112

We will look at the Homyaxy-transfer missions only
28°-launched, 28° inclined orbit: with I,, = 300 sec,
M M

35 =300g. In S 1.0186, which leads to
_ .z 2 G
m = W = 109.95, or fuel used: 2.05

Additional Tankage: 0.2
Payload loss: 2.25 of 100 for Vehicle 4.
With an 7, of 400 sec, the payload loss was 1.65 of 100.
In this manner the following table has been computed.

PR —)
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0 m/sec
1 m/sec
9 m/sec
15 m/sec
7 m/sec

4 m/sec
8 m/sec
9 m/sec
6 m/sec
l‘.{]_uil-
ities
mn/sec
mn/sec

‘bitrarv

70
14
14
14

xle 4.
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Payloads Including Containers
(HoaMmaxX transfers only)

Iy = 300 sec i I,p = 400 sec

A | B | c A | B | -c

Equator-launched . | !
Equatorial 96-min Orbit | 100.09% | 100.0°; ' 100.0°; ' 100.0°; | 100.0°, | 100.0°;
28°.Launched,

28° Inclined ......... 97.8% | 97.0%  96.9% = 98.4% | 97.9% | 97.6%
28°.Launched, |

Equatorial .......... 13.49, | — - 26.4° 8.0°; —
Equator-launched, ! !

Equatorial 24-hr Orbit | 12.49; S — 26.094 T1.39% —_
28°-Launched, 28° In- ! |

clined 24-hr Orbit .... 11.9% | — * — 2199, 6.1% —
2%°.Launched, | [

Equatorial 24-hr Orbit = 7.29% | — - 19.907 0.0°, { —
Escape, Equator- . |
" launched, Due East 22,80, | 3.50, - 35.6°, 19.5°% ' 8.07
Escape 28°-launched,

Due: Baahi s . eanimi 22.09, 2.59% — 34.9°, . 18.69 709
Escape Polar .......... 16.2° — — 29,307 11.59%, 0.0°,

This table illustrated several well-known facts:

1. If azimuth of firing is 90°, then only small penalties are involved in going
up to 30° off the equator.

2. If higher energy missions are flown. then it is not optimum just to exchange
propellant for pavload in the last stage. But if this is done, then the result is
verv dependent upon specific impulse.

3. Even for vehicles of similar performance at one mission. the performance
at other missions may vary widely.

E. Recovery of Satellites

Here one kick is assumed to brake the orbital velocity so far that a transfer
ellipse is entered the pericenter of which is sufficiently deep in the atmosphere. so
that further braking is done by atmospheric drag. Final descent could employ
lift. or a parachute, or in the case of some types of instruments simply impact.

"F. Conversion of “Ideal Required Yelocity” to
“Required Velocity”

Certain correction figures have to be added. which are of an empirical nature.
Those correction figures take care of:

1. Gravity loss and drag loss: 1500 m/sec seem to be a usable figure for escape
missions and large vehicles. (Of course, this number depends on vehicle shape.
trajectory and acceleration program.)

2. Maneuvering Reserve: This has to be estimated for every mission.

3. Unusable propellant residuals and mixture ratio shifts: With control of
mixture ratio and trapped propellants. 3°| of the ideal velocity should suffice.
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IV. Yelocity Requirements for Space Probes

By space probe a vehicle is meant which is used for space research without
necessarily approaching a planet or any other celestial body. Therefore, the guid-
ance and space navigation problems are greatly simplified. To go from Earth to

: o v, . . o
the Moon, escape velocity (2 /R )"‘ is approximately necessary, the minimum

for direct transfers being about 100 m/sec lower. If we look for the circular orbit
E+1 + k2

of the same energy requirement, we have to solve —————
VI +k) (1 +K2)

=+/2, from
which comes k~ 2.303.

So we can conclude, that, for a simple Earth-escape experiment, about the
same payload can be carried as into the circular orbit of £=2.303. In practice
even more can be carried, as the guidance system should be simpler and, therefore,
lighter. =

For interplanetary probes, obviously, more energy is required than for probes
in near-Earth Space. It is easy to show, that, disregarding Earth, a minimum
perihelion velocity of 32.83 km/sec at Earth distance (149.10% km) from the Sun
is necessary in order to place the aphelion out to 230.10*km (Mars distance).
This is 32.83—29.8 = 3.03 km/sec above

7 e—

local circular velocity (Earth velocity, 2 |,

going around Sun). Therefore, the mini- . oLl

mum required launch velocity is -_5.
V11.1862% = 3.03¢ = 11.5893 km/sec 7|

which is only 403.1 m/sec more than
the simple Earth escape probe.

Aick ]
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Sarrh oront

Lrcage
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b

5 ) ; I |
Aick 2 20 ity l1 & A 7 = g 3 7y 7
- Tolal velocily requurement ~ xm/sec
Fig. 5. Solar system escape — Hi-performance vehicle Fig. 6. Solar probe: Flight time versus total

velocity

For Venusian probe, put 2.4km/sec instead of the 3.03 km/sec for

Mars, resulting in ¥V, =11.4408 km/sec, only 254.6 km/sec above escape
velocity.
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The minimum requirement for a Mercury probe is 13.504 km/sec or
2.318 km/sec excess over Earth escape.

The minimum to escape the solar system is to have a residual . velocity
of (V2 —1)-29.8 = 12.3436 km/sec. This leads to a total minimum require-
ment of 16.6582 km/sec which is 5.472 km/sec over simple Earth escape.

Assuming we had a vehicle of a capability of V,, = 50 (100) km/sec. To leave
the solar system (Fig. 5) it would be best to apply a first impulse in order just to

Fig. 7. HoEMANN's round-trip trajectory
g P ] ¥

Maneuvers:

1. Brake original 29.3 Emijses.of EArth-Dy.: oo S e s S s s 2.4 km/sec
2. Increase on passing Venus to 394 kmysec by . ... .. ... ... iiiiiiiean 1.8 km/sec
3. Increase on passing Mars to 2.8 kmjsec by ...... ... i iiiiiiiii i iiiiianiaana 2.3 km/sec
4.. Brake 31.5km/sec arrival ab Earth DY . ..o o smsies s sess «s e 1.8 km/sec
TOTAlVOIOOIEY TOOMITEITIBIIE .0 n s rsmsm:a:omsasmimeioon: on w53 i e e B 8 17.6 kmjsec
Total flIZht LLDE .ottt ottt e e e e e e e 547 days

leave the system: 16.66 — losses a~ 20 km/sec. At infinitv, zero kicks would adjust
for a return to just graze the Sun. Arrival velocity would be local escape velocity =

= 617.5 km/sec at 700,000 km from the Sun’s center. To this we add the remaining
30 (70) km/sec, leading to a velocity remaining at infinity of 195 (302) km;se(,
Travel time to the nearest fixed star, about 4 hght years distant, would now be
about 6150 (3980) years, or total mission time about 6200 (4000) years. There-
fore, with the highly advanced vehicles which were assumed. not even the nearest
fixed stars are within reach. (In order to get to them in 40 yvears of transit time,
the ideal velocity capability of the vehicle must be of the order of 30,000 km/sec.)

In solar probes we have to differentiate between three classes:

1. Probes in near solar space. A good example of this is the Mercury probe,
for w hich we found ¥, min=13.504 km/sec. The flight time is about 111 days.

Direct probe to the Sun: The Earth orbital velocity is braked, and the
vehlcle drops in vertically to the Sun. The required ideal velocity is high—
31.8 km/sec with a flight time of only 65 days.

3. Indirect solar probe. Here a solar system escape must be performed first
and then a drop towards the Sun. The ideal energy required is only 16.66 km/sec,
but the flight time is infinite. For practical cases, you would, of course, not go
quite to infinity, resulting in a higher velocity and lower flight time required
(see Fig. 6).

More sophisticated types of probes are those performing round trips, two of
which may be of special interest:

]
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HouymanN Roundtrip (Fig. 7).

Crocco Roundtrip (Fig. 8). >

As these probes can conceivably return to Earth, a manned version of such
an expedition may be interesting.

V. Lunar Flights

Six types of flights must be considered:
1. Probes
Hard impacts
3. Circumlunar Flights
4. Lunar Satellites
5. Soft Landers
. Earth-Moon Return Flights.
Probes and hard impacts differ mainly in guidance accuracy required. There-
fore, no more additional information seems necessary here.

Total velocity TEqQUIreMENt .......ccccversvenrsnrssnsncasssnrsrsssnsennnss 13908 kmjsee
TOER] TIEING RUEIEE oo soimin o onswig o e s 575 A 0 3 0 i S 12.5 to 13.5 months
Poasible 1aunch Bl .o v v s s, s e s s s s s s s s e e June 1971

B0 o e e e R A R e 16.04°

For the circumlunar flight the energy requirement, apart from maneuvering,
is similar to Earth escape. If a return to Earth is planned, then, because of the
critical atmospheric re-entry, ample maneuvering fuel should be provided for.

Let us look for a moment at some characteristic data for transfer trajectories
in the Earth-Moon system:

Injection angle: near horizontal - -

Unbraked Lusar
Impact Velocity

Cutoff Veloeity in Inertial Earth-Centarad

Space at 200 km Altitude Flighs Lime

1 10,88l mfgee .....ccoviviinnnnens ~ 10 years | 2,325 m/sec
2 10920 mifsee isussasiiaianiaags ~ 3 days 2,500 m/sec
3 10,970 m/see .....vvvvnvcnncnnnnns i 21/, days 2,705 m/sec
4 11,015 m/see ......... P | 51 hrs . 2,886 m/sec
o

11,100 m/fsee ............c....... i 41 hrs 3,179 m/sec

e
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Remarks:

1. Absolute minimum injection velocity to reach the Moon, from Jacosr's
Integral.

2. Minimum for direct Earth—>Moon transfer.

3. Two-and-a-half day transfer.

4. Injection velocity equal local escape velocity.

5. “Fast” trajectory.

Some Data:

Meani: Barth Badius: ;oo s Siousnn i suiimneasinans s 6,371.1 km
Mean Lunar Badild . .coessssseansaesassamie . 1,738 km
Escape velocity, Earth, zero altitude ............ ... ... ... .. 11,186 km/sec
Escape velocity, Moon ......cciieneniiimiiiiiiiiiiiiiiiaa 2,374 km/sec
“Mean’’ Earth—Moon diStANCe .. ..cueiiviivitnsinssenesaseses 384,412.3 km

~ \ \
P
0987°% \
| CE————— 37—t -9 S5 bmbec
| 202 4m/szc i~ | siawer
\ /Zs5iEr han A / ars

Fig. 9. Earth—}ars mission profile (Homyaxy ellipse)
Opposition occurs (441/(0.987—0.524) = 35 days = 33.8% after launch. The waiting time is in this case
(360—2.76)/(0.087—1.524) = 449 davs. So a return mission last (260/449/260) = 970 dayvs

From the guidance point of view, the “'slow’’ trajectories show large deviations
for small injection errors. Therefore. trajectory No. 4 seems to be a good compro-
mise, with 3 being a competitor.

Upon arrival for a lunar satellite, we have to brake:

Satellite Altitude Trajectory Circular Velocity To be Braked
h a1y l o I o=
B -0 2!/, days | 1678 m/sec 1027 m/sec
Moon
0 51 hrs I 1678 m/sec _ 1208 m/sec
0.25 2Y/, days | 1502 mjsec . 985 m/sec
0.25 51 hrs | 1502 m/see [ 1181 m/sec
1 21/, days | 1188 m/sec 932 m/sec
1 51 hrs J 1188 mysec 1i60 m/sec

A soft lunar landing vehicle has to brake the total impact velocity by rocket
action.

The return flight is, energy-wise, much simpler; because, at Earth’s side
probably the atmosphere can be used for re-entry braking. However, corrective
fuel should be provided as the ideal re-entry conditions must be met rather closely.
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YI. Orbital Technique

It is necessary to say a few words on the use of orbital technique.

a) Upon Departure

For example, in the 96 min-orbit a space vehicle could be assembled. This,
then, could take advantage of the energy it already has, and a noticeable structural
advantage should result from the possibility of using relatively low accelerations,
and from the absence of aerodynamic considerations. Maneuvers into the 96-min
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Fig. 10. Opposition of Mars and HoEuax¥ ellipse injection dates
HosstaNw ellipse injection dates:

23 Aug 1958 23 Feb 1969 7 Oct 1977
25 Sep 1960 21 May 1971 29 Oet 1979
16 Oct 1962 7 Aug 1973 4 Dec 1981
9 Nov 1964 12 Sep 1975 28 Jan 1984
25 Dec 1966

Notes: Maximum error in injection dates: 1958—1971, 3 days; 1971—1984, 5 days. The opposition
dates were obtained by extending the ephemeris of the Earth and Mars by a numerical integration
method. This ephemeris was extended through 1984 by use of a graph showing synodic period of Mars
versus longitude of opposition, prepared from the American Ephemeris and Nautical Almanae. The
injection dates were obtained by use of a graph showing opposition time minus injection time versus
longitude of opposition. This graph was prepared by choosing a multiple of conjunction times of the
Hoayaxx ellipse and the orbit of Mars and from this, calculating the period and the theoretical oppo-
sition times and longitudes. These were then plotted to obtain the graph

orbit and the resulting high cutoff altitude for the powered phase leaving the
orbit will result in some small energy losses.

b) Upon Arrival

At the target site, going first to an orbit and fromr there down to the surface
has potential advantages:

1. Perhaps better control of landing area.

2. Higher safety of mission success, even if the landing fails.

3. Saving of energy, if return fuel is left in orbit and picked up during the
return phase.

Disadvantages are:

1. More complicated over-all scheme.

All braking could be done aerodynamically if there is an atmosphere; if

the braking to orbit is done by rocket, usually much more unfavorable conditions
exist. !
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¢) Upon Return

Upon return to Earth, the following possibilities exist:

1. Direct re-entry to the atmosphere.

2. Return to 96-min orbit, thereby using rocket braking. The disadvantage of
using fuel is partly compensated for by the advantage of using a special vehicle
for transferring and receiving. '

298772

velocity

£ ukmiser
Siower 1haT
£ariy

25 &misec
SR ST

Fig. 11. Earth—Venus mission profile {Homyuaxxy ellipse)

Inferior conjunction is (54.5)/(1.607—0.987) = 87.6 days after launch; the angle is 87.6.0.987 = 36.4°.
From this follows the rule: Launch 86.4° = 87.6 days before inferior conjunction.
For the return flight, we need to have Earth leading by 36°. (In above picture, we simply reverse all
directions for the return flight.) So Venus has to eatch up 360—2.36 = 288°, which takes (288)/{1.607—
0.9871=¢ 460 davs. So a return mission lasts 146/480/146 = 750 days

3. Return to another orbit, being picked up there and brought to the 96-min
orbit, from where transportation to the Earth’s surface is provided. A very inter-
esting return orbit of this type is the following elliptic orbit, which often needs
only little rocket braking:

Elliptic Orbit Properties

Perigee: 568 km altitude (circular velocity: 7581 m/sec, escape velocity: 10,721 m/sec).
Velocity: 10,431 m/sec (2850 m/sec above circular velocity).

Apogee: 120,143.4 km from Earth's center.

Eccentricity: 0.89321044.

Major axis: 65,044.7 km.

Minor axis: 29,247.0 km. -

Period: 45.848 hr.

So all the braking necessary is 10.721—10,431 =290 m/sec. Of course. now
the pick-up vehicle has to have an ideal minimam weapability of 2 x 2850 =
= 5700 m/sec.

VII. Planeiary Flights

Corresponding to paragraph V, six mission types exist. Only planetary satel-
lites, soft landers and return flights are of interest, as probes are already treated
elsewhere.

Perhaps advanced propulsion systems—e.g. ionic systems—will be used for
large-scale interplanetary operations, but we will limit ourselves here to the
conventional chemical impulsive systems.

X. LAF.-KongreQ 13
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H. O. RuppE:

Only four representative missions via HoHMANN transfers are considered in

some detail, bearing in mind that the return flight has somewhat symmetrical
demands.

a) Martian Satellite

As shown, the minimum ideal initial (Earth-side) launch velocity equals

11.5893 km/sec. Mars has to be there, when the vehicle reaches the Aphel of its
orbit. The transfer time from Earth is 260 days. Mars moves during these 260
days through 0.524-260 =136 degrees of arc. Therefore, at launch Mars must be

: f B
44 degrees ahead of Earth (which is 098 —0.3%%
—The Martian orbit is inclined by 1°51° to the ecliptic. If the vehicle shall go into
the Martian plane of motion at the node, the ideal velocity requirement is about
27-sin 1°51’ =0.872 km/sec. By giving the plane change kick about halfway and
arriving at Mars moving not within the Martian plane, usually (if the node does

= 96 days before opposition).

1982 Jan 19 —

797 T 21—

1968 Jam 2k —\ - Perineiond
7958 Jin 26—

7562 Nov 13
1970 Nav 77
S 1978 Now 8
<1986 Me
X2 85 Nov §
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\ FREE Aug 7T

\ g5 v | | Aorming i)

i %ﬁ“w’
.. - 1958 Seq 2

WES Agr 7

9T Aor3” s,
959 Aors /) :
1967 dord 957 Aug 27
~ \‘\\'f:".f J-l’,".;’ 28
‘83 Adg 28
880 Jym ' | AT

972 Jum 16— |
96e Jym 79—
7956 Jum 27 —
Fig. 12. Inferior conjunction of Venus and HoumaxNy ellipse injection date

Hohmann ellipse injection dates:

1956 Mar 26 1967 Jun + 1978 Aug 13
1957 Oct 31 1969 Jan 8 1980 Mar 18
1959 Jun 6 1970 Aug 15 1981 Oect 23
1961 Jan 10 1972 Mar 21 1983 May 30
1962 Aug 17 1973 Oect 26 1985 Jan 3
1964 Mar 23 1975 Jun 2 198§ Aug 10
1965 Oct 28 1977 Jan 6 —

Notes: 1. Estimated error of a conjunetion or a HoRMANY injection date is 4 days maximum.
2. Orbita and circles; r (@) = 1.00 au, r (7) = 0.723 au.

3. Dates and longitudes of inferior conjunctions are: ¢ =.JD 243 5062.3/583.931 N (davs): and 3 = 373"

=373
3180 N; Reference date = 19564 Nov 15.20 UT.

4. Constant synodic period = 583.921 (days).
3.

HouMax¥y date and longitude; t=87.6 days, i=86°.1

Al

not happen to be at this place) some savings can be accomplished. If the vehicle
travels neither in the ecliptic nor in the Martian plane, and if the central angle
between launch and arrival is slightly smaller than 180 degrees, then the loss due

to inclination change becomes negligible. (Oral communication from
Dr. D. F. LAWDEN.)
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Arrival at the Martian orbit occurs with a velocity of 2.55 km/sec less than
Mars orbital velocity. At 1000 km above the Martian surface, the vehicle will
move 5.15 km/sec; an ideal minimum braking of 2.01 km/sec brings this down
to 3.14 km/sec, which is local circular velocity (escape velocity at zero altitude:
5.04 km/sec).

b) Venusian Satellite

At launch, Venus must be 54.5 degrees behind Earth (or 88 days before in-
ferior conjunction). After 146 days, the vehicle approaches Venus, being 2.5 km/sec
faster than Venus. As the inclination of the Venusian orbit is about 3°24’, the
maximum requirement of the ideal velocity for the change is 32.5 sin 3°24' =
= 1.93 km/sec.

Escape velocity at Venusian surface is 10.23 km/sec; at 1000 km altitude,
this is reduced to 9.49 km/sec (circular velocity: 6.71 km/sec). The vehicle arrives
with V/(2.5)% = (9.49)% = 9.814 km/sec. Therefore, a braking of 3.104 km/sec is
necessary.

¢) and d) Soft Landings on Mars or Venus

Here I will always assume, that the atmosphere is used for braking and landing.
The speed which has to be broken upon arrival is about

Venus: 10.5 km/sec (from Earth)
Earth: 11.5 km/sec (from Mars. Venus)
Mars: 5.64 km/sec (from Earth)

If this is done aerodynamically, then there is only a little fuel used for control.
(For the timing and outlay of Martian and Venusian flights. see Figs. 9—12.)

Of some interest might be a manned planetoid mission. because this would
give the chance of actually being on another star and doing research there. For
a planetoid within Mars’ orbit and of negligible gravity, appropriate Mars data
can be used.

Appendix

Table I. Ideal Velocity Requirement for Earth— Bound }Missions
of Ballistic—Missile Types

Range (km) Ve (kmisec)
500 3
1,000 3.9 = _
2,000 3
5,000 6.8
16,000 8.5
20,000 8.8

Remarks: According to paragraph III—F, 37, of V,; may be added for mixture
ratio shifts, trapped residuals and flight performance reserves.

13+




Table 11, Velocity Requirements for Some Missions

(See Remarks on Table 1)

Eqguutorial Farvth Sutellites . Lunar Missions

No Ruecovory 1 Rucovery No Reoovery + Return
Equator Luunch - AMR Lounch | Equator Loaunch | Tmpaet Satollite  Soft | Cireum- Satellite  Soft
Landing | Lunar Landing
Values in kmnfsce Yt-min 24-he Y-min 24-hre O6-min 24-hr

Ideal Minituam Launch 8.201 11.034 11.801 12,350 §.201 11.934 | 11,186 11.186 11.186 | 11.180 11.186 11.186
Rotational Gam 0,45 0.45 0.4 0.4 0.456 0.456 0.3 0.3 0.3 0.3 0.3 0.3

(/-Loss 1.4 1.42 1.4 1.42 1.4 1.42 1.42 1.42 1.42 1.42 1.42 1.42
Drag-Loss 0.15 0.16 0.15 0.1 0.15 0.16 0.16 0.16 0.16 0.16 0.16 0.16
Maneuvering 0.05 0.05 0.01 .01 0.056 0.05 0.05 0.05 0.05 0.05 0.05., 0.05

=
o
=]
2
L)
=
=
[
o
5]

Manecuvering Transfer | — 0.05 0.05 = 0.05 0.05 005 0.05 0.05 0.05 0.05

(@ddayg ‘0 'H

[deal Mininm . - . . — 1.18 2.89 - 1.18
Rotational Gain —— —_ -
(I-Loss oo —— - 0.03 0.3 0.03
0.0H 0,00 .05 0.05 —— 0.06 0.058 2 0.05

|At target arrival |

Tdeal Mininnon Launth - . 0.00 1.40
Rotational Glain - -
(/-1.os8 2 5 S I
Drag-Loss

Mancuvering

Target launch

Muncuvering ‘Transfor e - — — 0.056  0.05
Furth Lunding Manouver e - 0.05 — —- - 0.05 0.056
13.20 13,10 9.60 12,66 13.856 15.80 12,756 15.20

P . 0 i bbbt il i R BRI i i i ¢ Bl




s . — - VNV R VR VE I VRV
I Farth Landing A — . 0.05 - 0.05 0.05 . 0.05
Totul B.1 13.20 14,10 13.756 .60 2.5 . 12,756 15.20 19.35

Dable 11 (Continued)

Space Probes
No Recovery HoumManNn Crocco  Simploe Solar Solar
Values in kmjsce Simple Earth  Martian Vonusinn Murcury Probo Probe  System Escapo Probe
Escapo I'robe Proboe 'robo + Reoturn + Return

Ideal Minimum Launch 11.2 11.589 11.441 13.604 11.441 13.948 16.658 17.0—31.8
Rotational Gain 0.4 0.3 0.3 ] 0.3 0.3 0.4 0.4

(- Loss 1.42 1.42 1.42 AD 1.42 1.45 1.406 1.46
Drag- Loss 0.16 0.16 0.16 A7 0.16 0.17 0.18 0.18
Muncuvering 0.05 0.10 0.10 10 0.10 0.10 0.10 0.10

g
3
|
-
=
o
=]

Muancuvering Transfor

Tdeal Minimum
Rotational Gain
(/-Loss
Manecuvering — .2 b o 0.6 |
1.8 2.3

At target arrival |

Idonl Minimum Launch
Rotational Gain

eaB1], eovdg 10j sjusweambey ASisuy wnuwiuly

Drag-Loss
Muncuvering

Target launch

Maneuvering Transfor - - — — —_— —
ILurth Landing Mancuver .. .. - 0.1 0.1 —
Total i 17.60 16.05 18.0 18.5656—33.35




Table 11 (Continued)

Vulues in ki fsee

Murs
Sutellite

Plunctury Missions

Nuo Recovery

Venus
Satellite

Muars
Solt
Landing

Venus
Solt
Lunding

Murs
Satellite

+ Roeturn
i Mars Venus
4 uitl_d Soft Soft
Satollite Landing Landing

Planetoid in
Mars Orbit,
Soft Landing

Earth launch

At target arrival |

Target launch

Tdeal Minimum Launch
Rotational Gain
(-Loss

Drag-Loss
Muaneuvering

Mancuvering Transfer

Ideal Minimum
Rotational Gain

Ideal Minimum Launch
Rotational Gain

(- lioss

Drug-Loss
Muancuvering

Maneuvering Transfoer

Earth Landing Mancuver .. ..

Totul

11.54Y
0.3
1.42
0.16
0.05

15.60

11441
0.3
1.42
0.16
0.05

3.104

0.15
0.05

L. 60

11,589
0.3
1.42
0.1
005

11441
0.3
1.42
0.16
0.05

11.589

« (L3
1.42
0.16
0.05

2.01
0.05
0.05
0.04

0.05H
18.05

11.441 11.680 11.441
0.3 0.3 0.3
1.42 1.42 1.42
0.16 0.16 0.16
0.056 0.05 0.05

3.104

0.15

0.056

3.104

0.1

0.06

0.06 0.04 0.05

0.056 0.05 0.05
20.40 19.80 26,156

11.589

|
0.:
k:

2
0.16
0.05

0.05

0.04
0.05
18.95
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4 adlil

o e e B i et 81 w18 el e o ks (i el s, -

Table 111. Velocity Requirements for Various Missions (Eyuator-Launched, Unless Otherwise Specified)
On this table the total velocity requirements for o number of missions are sunmarized. *Direct Target’” means, that the maneuver at
target is employed without going to an orbit around the target first. “Orbit at Target” on the other hand implies the use of orbital
technique at target. The “Elliptical Orbit” is the sumoe as is described in paragraph VI of this report. Also, see remarks on Table 1.

Elliptical
Eguutoriul Barth Sutellites, Circular liquatorial Lunar Missions
Earth Satellite "
i e = g | T e e =
AMR Luunchod | I Rocovory 4 i & % oy + Return 5
[ e | 44 = g = 8 oo SRS
4, @ :L % 2. X ‘L’E Circum- Satel-  Soft E
1580 kin V0 min 24 hre 98 min 24 he {150 ki 90 min 24 hr =a one E E-] > Lunar  lite Landing =
=
) =
Direct Target EE
BRRELI vrvonsesvanmmnvm svmmn s s s 0.20  0.50 13.20 13.10 13.75] — - — 11.8 — 12,55 13.85 15.80] — — — =
ORBIE o ivvioinn i g evarisese == 3.85 4,40 — — — —_ — 3.10 4.40 06.30, — — — E
Earth—Earth .....cv00i00004 9.256 9.60 14.75 - 11.9 - - 12756 15.20 19.35 £,
5
Orbit—¥arth ............... — - - 5.4 —_ — — e — 3.256 575 9.70 g
Earth—Orbit ............... - 17.08 — - - — 15.90 18.40 22.50 g
Orbit—Orbit . .. vcnvuivienins 7.73| — ] = - 6.40 8.85 1285 &
Earth—Elliptical Orbit ...... — — — 13.05 16.45 19.50 ?
Orbit—Elliptical Orbit ..., .. - - B - —— .- — | - - — 3.66 06.00 10.00 %ﬂ
Orbit at Target 5
Barth ............... | A - - 137 — 1505 — - -— =3
Orbit ©vvereennnnn.n, e s S| : 4.25 645l — e = g
a
Earth—Barth ..o - - - - -— 1945 —
Orbit—Bavth ....c00ivninaen - - = = — s =t S .80
Parth—Orbit ... .. - — — — 22.60
Orbit—0Orbit ............... - - - — - - 12.95
Earth-—Elliptical Orbit ...... - = - - - - - - —-- — — - - - 10.60
Orbit—Elliptical Orbit ...... — - - - — — — — — 10,10 3
©




Table LI (Continued)

Martian
Venusian |

Bpuce Proboes

Mercury

HoBEMAXN

Venus
Satellite

Plunotary Missions

|

Landing
Venus
Satellite

Venus
Soft

Landing

Mars
Soft

Mars
Soft

Landing
Venus
Soft

+ Return

Landing

Planetoid !

Soft
Landing

Direct Target

Karth 12.45

Orbit 3.10
Earth—Earth —_
Orbit—Earth —

Earth—Orbit
Orbit—~Orbit
Earth—Eliptical Orbit .
Orbit—Eliptical Orbit .
Orbit at Target

Itarth

Orbit

Earth—Earth. ...
Orbit—Earth
Earth—Orbit
Orbit—Orbit ...
Earth—Elliptical Orbit .
Ovbit—Elliptical Orbit .

' No return trip included,

18.656—-

13.15 13.00 15.1 33.35 18.0

0.20-

6.65 24.0 8.65

13.40 13.35

3.95 3.90 — e
e 18.05 20.40
= 8.60 10.956

21.56 23.76
12.11 14.31
18.71 20.91
9.20 11.46

15.65 16.75
6.20 7.30 —_

22.00
12.60
25.56
10.10
22.70
13.25

20.15
16.70
20.70
20.25
26.85
17.40

29.50
20.10
32.90
23.45
30.10
20.60

15.81

0.45!
18.95
0.50

22.50

13.05
10.05
10.20

16.00!
6.55!
19.10
9.60
22.60
13.13
19.80
10.30




23.45 13.15

16.10

RV ks e e s e e s

Elliptical Orbit .

22.70 30.10 19.80
13.25 20.60 10.30

larth

Cliptical Drbit .

Orbit—E

! No return trip included.
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